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Abstract 

In a research project fatigue, tests on two identical wing sections that are used as representative substitute com-
ponents were performed to estimate lifetime enhancement of light-weight aircraft such as general aviation glid-
ers.  Single-step fatigue tests at limit load on one component were compared with spectrum loading on the 
other.  A characteristic damage behavior was observed.  Local buckling due to high shear loading of the sand-
wich core of the wing shell caused the main damage.  Even though an intentionally high load level was chosen, 
no increase of micro-cracking could be detected.  Additionally, no delamination effects in laminates or bond-
ings were observed except the skin-core delamination which caused the buckling effect in the wing shell due to 
fatigue loading.  Finally, the concept of using representative substructures and accompanying specimen tests is 
an effective approach for in-service loading investigations and could also be applied to research on wind turbine 
blades. 

 
Introduction 

 Several gliders and aircraft for general aviation applica-
tions were built in the early 60`s using GFRP-technology.  
These older models have either reached or are close to their 
lifetime maximum limit of 12,000 flight hours. The research 
project “Damage State and Strength” - launched by the Federal 
Aviation Administration (LBA) and founded by the Federal 
Ministry of Transport, Building and Urban Affairs (BMVBW) 
with the partners Federal Institute for Materials Research and 
Testing (BAM), Institute of Aircraft Design and Lightweight 
Structures (IFL) and several others (see acknowledgement) – 
deals with the characterization of the damage state of fiber-
reinforced plastics (FRP) under real loading conditions1.  The 
focus of these investigations was gliders because their certified 
maximum strain is about 50 % higher than for airliners or wind 
turbine blades. 
 Calculated life span or operating time extensions according 
to component checks, as is the case with metal designs, is at 
present not certified for FRP-constructions and is the subject of 
the present work.  Therefore, two identically manufactured 
wing sections that are used as a representative substructure 
were tested for indications of component fatigue using two 
similar test rigs and by applying combined bending and torsion 
loading with respect to the real loading conditions as well as 
the maximum certified design values (see Fig. 1 and Fig. 2). 
 The questions addressed are: What kind of characteristic 
damage occurs for gliders with light weight wing constructions 
typically made from FRP?  Does the simulated in service load 

 
ing compared to the load spectrum KoSMOS2 lead to the same 
kind of damage behavior as in a single-step fatigue test at limit 
load?  Do the first signs of micro-cracking indicate the begin-
ning of composites degradation as estimated from specimen 
studies published elsewhere3? 
 

Experimental X-ray-refraction  
and grey scale value analysis 

 This approach uses the increase of micro-cracks in GFRP 
as an indication of the start of material degradation as a result 
of interlaminar fatigue4 and can be investigated with two dif-
ferent optical methods: X-ray-refraction5,6 and grey scale value 
analysis.  In the following, these two methods are briefly pre-
sented. 
 
X-ray-refraction 
 X-ray refraction topography5,6 is caused by the effect of 
refraction at the interface of materials with different refractive 
indices, well known from visible light passing through a glass 
lenses (see Fig. 3).  In the case of X-rays, the refraction angle 
is below half a degree and in opposite direction due to the dis-
persion function of isolators.  In the experimental setup a col-
limated X-ray beam passed the sample.  At a fixed angle the 
refracted signal was measured and additionally a signal propor-
tional to the material absorption.  A characteristic refraction 
value C was determined, which is proportional to the inner 
surface area per unit volume.  It can be calculated from the 
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scattering IR and transmitted intensities IA and the thickness d 
of the sample in relation to the zero values: 
 

C = ( ( IR / IR0 ) / ( IA / IA0 ) – 1 ) / d   (1) 
 
The intensity of the refracted beam will increase if the differ-
ence of the refractive index rises at the observed interfaces.  
Therefore, the intensity will be higher for materials with 
debonded fibres or pores than without.  By calibration the ab-
solute as well as the relative inner surfaces area were meas-
ured.  In most cases, the relative increase was sufficient and 
used in the further investigations.  Scanning the whole area of 
the sample gave a topographic map of inner surfaces3.  It is 
practical to normalize equation 1 to ln (IA / IA0) resulting in the 
relative specific surface C/µ, independent from variation of the 
number of fibre filaments/sample thickness due to non-perfect 
production4.  This approach uses Lambert-Beer’s law where 
the absorption is a function of the density-proportional linear 
absorption coefficient µ and the thickness d of the sample.  In 
the following investigations, only the average value over the 
whole sample area was regarded.  The short wavelength of the 
X-ray (Mo-radiation – 0.07 nm) enables detection of defects in 
the range of 100 nm (1/100 of the fibre diameter). 
 The determination of the inter-fibre fracture of a single 
layer is employed to estimate the layer-wise strength of a com-
plex laminate.  The influence of the adjacent layers was ig-
nored.  Apart from partially large deviations between theory 
and reality the problem remains that for any semi-finished ma-
terials with textile reinforcement, no single layer strength can 
be stated.  Thus, the indication of material parameters (inter-
fibre-fracture-strength), essential for construction, is not possi-
ble and an understanding of failure processes in complex layer 
composites is impossible.  To solve these problems, X-ray 
refraction was applied during tensile loading4.  An electro-
mechanical loading facility (MINIMAT) was integrated into 
the X-ray refraction machine and fixed on a manipulator ena-
bling the loaded sample to be scanned and the refraction values 
measured.  The load was applied in steps until failure of the 
sample.  At each load step a refraction scan was performed. 
0°/90°-GFRP-laminates made from woven glass fibre fabrics 
of linen style (285 g/m²) were investigated as a typical semi 
finished product for light weight aircraft.  This laminate is 
suited for applications with intralaminar transverse loading and 
micro-cracking due to inter-fibre failure effects are well 
known3. 
 In Fig. 4, the results from the experiment on the 0°/90°-
GFRP-sample are presented.  The stress and the relative in-
crease of the refraction values due to micro-cracking caused by 
inter-fibre fracture processes were plotted versus the strain. 
Two similar tests were performed.  The strain was measured 
with strain gauges on the samples.  Only the transverse cracks 
in the 90°-layers are oriented parallel to the collimation slits 
and generate the refraction effect.  The increase of micro-
cracking in a saturated state is in good correlation with the 

change from non-linear to linear mechanical behaviour4.  In the 
0°/90°-laminate a simple inter-fibre transverse loading oc-
curred and the statistically appearance of micro-cracking could 
be approximated with a Weibull-distribution (see Fig. 5): 
 

F = 1 – ( e ^ ( -σ / β ) ^ α) and f = dF / ds  (2) 
 

α, β parameter 
 
The function is scaled with the experimentally derived 
ΔC100%/µ of the saturated state multiplicatively.  All parame-
ters are listed in Table 1. 
 
Grey scale value analysis 
  In GFRP-specimens with adequate quality under condi-
tions of high static or cyclic loading, opaque discoloration of 
the composite occurs3.  This discoloration is based on the same 
refraction effect as the X-ray-refraction.  However, the refrac-
tion effect occurs if the crack opening is at least about 1000 
wavelength of the used light.  In the grey scale value analysis, 
the wavelength of the light is 5,000 to 10,000 times larger than 
the X-ray-radiation (visible spectrum 300...700 nm) and, 
hence, the crack opening have to be larger to deploy the refrac-
tion effect.  Furthermore, using visible light in the grey scale 
analysis, the absorption due to the refraction effect is larger 
than by X-rays.  Hence, with the crack opening the absorbed 
intensity of visible light increases while the inner surface pro-
portional X-ray-refraction keeps in a saturated state.  However, 
an increasing grey scale parameter indicates micro-cracking 
qualitatively correct. 
 On account of the increase of the micro-crack density the 
measured light intensity changes.  The grey scale value pa-
rameter G is defined as 
 

G = 1 – ( I / I0 )  (3) 
 

I0 designates the intensity of an illuminated background screen 
and I the intensity through the sample.  By normalization of 
each grey scale measurement to the background value, the pa-
rameter is independent of variations of the environment light.  
The grey scale value analysis was performed with a customary 
digital camera, which allowed a manual exposure setting and 
an external control.  The grey scale values of the region of in-
terest (ROI) can be determined by self-developed software 
based on MATLAB. 
 The grey scale value analysis was applied to GFRP sam-
ples accompanying mechanically loading with a conventional 
servo-hydraulic tensile testing machine (INSTRON 8800) 
which enables the measurement of the increase of micro-
cracking online static and cyclic loading. The same 0°/90°-
GFRP-specimens of small size (cross-section 1 x 4 mm) were 
tensile tested in this testing machine while simultaneously 
measuring grey scale values similar to the X-ray-refraction 
online-experiment.  The stress/strain curves are compared in 
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Fig. 5.  As estimated, the grey scale value analysis indicates 
the increase of micro-cracking at increased stress levels.  As 
expected, due to crack closure, the grey scale value decreased 
when the sample failed.  However, remaining micro-cracks 
were still visible (see Fig. 5).  In contrast to the X-ray-
refraction method, grey scale value analysis can be easily 
adapted to a conventional tensile testing machine and, there-
fore, is an interesting approach.  Consequently, grey scale 
value analysis was adapted to component test for indicating 
intralaminar fatigue effects due to micro-cracking. 

 
Buckling of sandwich structures with foam core 

 The classical wing buckling design of gliders is based on 
the isotropic metal buckling theory.  For sandwiches with a 
flexible core it is important to consider shear deformation as 
well as bending deformation.  The ratio of both deformations is 
influenced by the core index, a ratio of bending stiffness and 
core shear stiffness.  The buckling load decreases with an in-
creasing core index.  While the core shear buckling dominates 
for values above 0.5, values above 1 cause pure shear buckling 
(see Fig. 6).  The stabilizing effect of boundary conditions 
(like fixed edges) or geometric conditions (like shell struc-
tures) decreases with increasing core index.  The critical buck-
ling load is underestimated by a classical buckling design be-
cause of the low shear stiffness of foam cores. 
 In addition to global buckling for sandwich structures, local 
buckling (wrinkling) can be critical.  Two modes for wrinkling 
are possible: a symmetric hourglass mode and an asymmetric 
snake mode.  With an increasing core thickness, the buckling 
of sandwiches made of orthotropic face layers and isotropic 
cores changes from global bending buckling to global core 
shear buckling and directly to snake mode wrinkling. Depend-
ing on layer and load directions, wrinkling waves may result in 
another direction.  Vonach7 describes a solution for the wrin-
kling problem of sandwiches.  
 

Component and specimen tests 
 For the component tests, two identically designed and 
manufactured wing sections were built at Alexander Schleicher 
GmbH & Co (see Fig. 7).  They possessed defined inspection 
points in the web of the spar at positions of high and low load-
ings.  At these points the foam core in the sandwich was taken 
out to enable a good visualization of micro-cracks (see Fig. 8).  
By using a CCD camera system for the endoscope inspection 
inside the component, every 500 load cycles (LC) in the single 
step fatigue test at BAM or 6,000 simulated flight hours at IFL, 
the designated inspection points were investigated.  The basic 
hypothesis of this approach is that the chosen substructure re-
flects characteristic fatigue indications. However, this GFRP 
component test is only representative for aircraft of this spe-
cific design principle. 
 Using finite element analysis, the region of the maximum 
loading resulting from wing design could be located. Addition-
ally, the estimated strain distribution over the length of the spar 

was measured and verified with Fibre-Bragg-Grating-Sensors 
(FBG) positioned as a FBG-array of 8 sensors each 200 mm 
bonded on the top of each spar-cap, in-between spar and wing-
shell (see Fig. 9). 
 At the BAM, the wing section was loaded in a single-step 
fatigue test at limit load with a maximum strain of 8 ‰ to 
shorten the testing period.  The maximum loading frequency 
was f = 0.0833 Hz.  The first visible signs of damage occurred 
after only 180 LC.  A buckling of the outer laminate layer was 
determined easily by visual inspection (see Fig. 10) and was 
caused by fatigue of the foam core in the sandwich shell due to 
high shear loading.  The wing shell was repaired and the load 
level reduced by 20 % to a maximum strain of 6.4 ‰ with re-
spect to real loading conditions.  However, after 120 LC at this 
load-level the same damage behavior was identified. 
 At the IFL the wing section was loaded with the load spec-
trum KoSMOS-22.  This load sequence contains 556,660 LC of 
various amplitudes representing 6,000 flight hours. After 
36,000 simulated flight hours with the maximum strain level of 
6.4 ‰, identical damage occurred as shown in Fig. 11. Even 
with this similar damage, both wing-sections bore the limit 
load in tension and torsion in a static test.  However, the tor-
sional loading was taken away and tests on BAM and IFL 
wing sections were continued at the maximum strain level of 
6.4 ‰ - at IFL up to 42,000 simulated flight hours and at BAM 
up to 20,000 LC.  Hence, the wing shell as a weak point was 
identified (see Fig. 12) and the spar structure had to be investi-
gated further.  To continue the experiments and to keep the 
bending loading until high load cycles, the torsion loading was 
eliminated to avoid expected catastrophic failure.  Now the 
interest of intralaminar fatigue in the web took centre stage to 
assure and investigate the fatigue strength of the spar structure. 
 The specimen tests were proceeded with +/- 45°- and 
0°/90°-GFRP-laminate made from the same semi-finished 
products as the web of the test-component.  The +/- 45°-
specimens were investigated in a strain-controlled fatigue ex-
periment at 4 ‰, 5 ‰ and 6 ‰ (the 0°/90°-laminates force 
controlled see below).  The loading frequency of f = 0.0833 Hz 
and the load ratio of R = -0.56 up to 20,000 LC was similar to 
the BAM-component test and the load ration of the KoSMOS 
spectrum loading.  The specimen dimension for the fatigue 
experiment was 210 mm x 32 mm and 2 mm thickness.  The 
specimen tests were performed in order to determinate the 
level at which the increase of micro-cracks could be detected 
by grey scale analysis (see Fig. 13). 
 For the 4 ‰-specimen, an increase of the micro-cracks was 
not recognizable with the naked eye and also there was no in-
crease of the measured grey scale value.  At strain-levels of 5 
‰ and 6 ‰, the specimens showed definite micro-cracking 
which resulted in a systematic increase of the grey scale value.  
 The 0°/90°-specimens were investigated in force-controlled 
mode up to 200,000 LC with stress-levels of 66, 82 and 100 
MPa and with a load ratio R = -1.  It was detected an increase 
of grey scale value for all stress-levels.  Even at 66 MPa, 
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which means a strain of 3 ‰, there was a small measurable 
increase of the grey scale value, however, at higher numbers of 
load cycles, up to 200,000.  The 100 MPa specimens were 
broken at approximately 60,000 LC and had the highest in-
crease in grey scale value.  The damage was indicated by the 
sudden increase of the grey scale value parameter approxi-
mately 5,000 LC before rupture. 
 

Discussion 
 Due to the short wavelength of X-rays, the inter-fibre fail-
ure in a 0°/90°-GFRP-laminate can be detected far below the 
transverse strength limit.  Compared with a grey scale value 
analysis, it could be shown that the detection of micro-
cracking with light in the visible range is not possible until 
larger loads are applied. However, visual inspection is com-
mon and provides a good means to bridge the gap between a 
safe-life certification and a damage tolerance concept that 
would enable operating time extensions for light-weight air-
craft made from GFRP. 
 All investigations on GFRP specimens under cyclic loading 
showed an increase of micro-cracking long before significant 
indication of delamination within the laminate occurred.  The 
micro-cracking could easily be determined qualitatively using 
grey scale value analysis. 
 Due to the load reduction of 20 % at a strain level of 6.4 
‰, no increase of micro-cracks at the inspection-points at the 
two identical wing sections could be identified up to the 
20,000 LC loading limit and 42,000 simulated flight hours. 
The strain-level at the inspection points in the web is approxi-
mately 4 ‰ and the shear deformation about 3 ‰.  Hence, 
compared to the specimen investigations, the fact that no mi-
cro-cracking is observed in the components is in good agree-
ment with these results.  Finally, the intralaminar fatigue does 
not seem to be critical and the increase of micro-cracks could 
not be used as indication for the amount of in-service loading. 
 The sandwich-wing shell was much more sensitive to fa-
tigue than the GFRP-laminates.  Also, the bondings showed no 
defects.  However, using a representative substructure is an 
efficient way to perform affordable fatigue investigations for 
light-weight aircraft and could be applied to wind turbine 
blades.  The damage caused by buckling of the wing shell due 
to fatigue of the foam core appears to be identical for the sin-
gle-step fatigue test and for the simulated in-service loading.  
The classical wing design underestimates the critical buckling 
load.  Therefore, reduced buckling factors with consideration 
of the low core shear stiffness should be applied.  This kind of 
defect seems to be a reliable indication for a high in-service 
loading.  Finally, research on damage tolerance concepts for 
FRP-primary structures is important especially in regard to 
estimating life spans for aging aircraft and should be contin-
ued. 

 
 
 

Conclusion 
 Two identical wing sections as a representative substruc-
ture for light-weight aircraft made from GFRP were tested in 
single-step fatigue tests at limit load at BAM and with spec-
trum loading as performed in the in-service fatigue test at IFL.  
No increase of micro-cracks as a first indication of the degra-
dation of the laminate could be determined for both compo-
nents.  Additionally, no delaminations in the laminates or in 
bondings were observed.  Micro-cracks are caused by the ap-
plied load level and can be identified online from X-ray-
refraction investigations during tensile loading.  However, with 
conventional grey scale value analysis in the visible range of 
light, these micro-cracks could not be reliably detected.  Using 
a representative substructure for fatigue investigations effi-
ciently shows that the typical failure behavior for light-weight 
aircraft was caused by buckling of the wing shell due to fatigue 
of the foam core in the sandwich.  Additionally identical dam-
age was observed in single-step fatigue tests and under spec-
trum loading. 
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Table 1 
 
Parameters of the Weibull approximation of data in Figure 5 
Laminate ΔC/µ 

(100%) 
Weibull Pa-
rameter α 

Weibull Pa-
rameter β 

0° / 90°-GFRP 0,42 2,5 140,0 
 

 
 
Figure 1  Test rig with wing section at BAM  
 
 

 
Figure 2  Wing section with defined region of representative 
max. loading 
 

 
 
Figure 3  X-ray-refection 
 

 
 
Figure 4  Comparison of stress/strain curves and X-ray-
refraction 
 

 
Figure 5  Comparison of X-ray-refraction and grey scale value 
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Figure 6  Buckling factors for isotropic sandwiches under com-
pression 
 

 
Figure 7  Manufacture of a wing section 

 

 
Figure 8  Inspection points of web of the wing spar (backlight and 
ahead light) 
 

 
 
Figure 9  Spar cap stress and deflection (calculated), spar cap 
strain (measured with FBG´s) 
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Figure 10  Damage of wing shell at BAM after 180 LC at limit 
load with a maximum strain of 8 ‰ 

 
Figure 12  Final damage of wing shell at BAM at reduced load 
with a maximum strain of 6.4 ‰  

 

 

a)   
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Figure 11  Damage of wing shell at IFL after 36,000 simulated 
flight hours with the maximum strain level of  6.4 ‰ 
 

b)  
Figure 13  GFRP specimen before (a) and after (b) fatigue test 
with visible micro-cracks  


